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SUMMARY 
Oscillatory hinge-moment characteristics have been obtained from 
free -flight tests of two rocket -powered models each equipped wi th a 
60 0 sweptback clipped delta wing featuring an unbalanced) constant-chord) 
full-span trailing-edge control. One control had a sharp trailing edge) 
and the other had a trailing- edge thickness equal to 1/2 the thickness 
at the hinge line. Data were obtained at zero angle of attack and con-
trol reduced frequencies ranged from 0 .09 to 0.035. The Mach number range 
of the investigation was from 0 .4 to 1 .9 . 
Results indicate that except for a region of mi~d instability between 
the Mach numbers of 0 .75 and 0 .9) aerodynamic control damping was stable 
up to near sonic velocities where control- surface flutter developed for 
both models . For the blunt- trailing- edge control) this instability con-
tinued to a Mach number of at least 1 .3 . Aerodynamic control damping 
was found to be very sensitive to amplitude of oscillation at transonic 
speeds . 
Aerodynamic control- restoring moments were stable throughout the 
Mach range for both controls . Increasing the control trailing- edge 
thickness had little effect on control damping moments but increased 
the stability of the control restoring moments an average of 12 percent 
at supersonic speeds and 35 percent at subsonic speeds. 
INTRODUCTI ON 
One of the troublesome features of the transonic and lower super-
soni c speed ranges is the phenomenon of single degree - of- freedom control-
surface flutter or control buzz as it is referred to sometimes . Although 
the existence of this torsional instability is predicted by two-
dimensional potential flow theory (refs. 1 and 2)) there is experimental 
indication that shock separated flow also may have an important effect 
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(refs. 3 and 4). Some of the more recent investigations concerning 
this problem can be found in references 5 to 9 . 
In an effort to obtain additional experimental information relating 
to this problem) a rocket model investigation employing the free oscil-
l ation techni~ue was conducted to measure the oscillatory hinge moments 
a t zero angle of attack of two trailing-edge controls on a 600 sweptback 
delta wing for Mach numbers between 0 .4 and 1.9. Reynolds number based 
on the wi ng mean aerodynamic chord vari ed from 3 .5 x 106 to 19 x 106. 
Control reduced fre~uencies ranged from 0 .09 to 0.035. Data were obtained 
a t control oscillation amplitudes between flo and ±3° at subsonic speeds. 
At supersonic speeds some data wer e obtained both at low amplitudes (~O) 
and at high ampli tudes (±3° to ±140) . 
Results are presented herein and are compared with potential flow 
theory and tunnel test results . 
Preliminary results of one of the present test flights have been 
presented previously in reference 7. 
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SYMBOLS 
control chord) ft 
free - stream velocity) ft / sec 
Mach number 
free - stream dynamic pressure) lb/s ~ ft 
Reynolds number based on wing mean geometric chord of 1.486 ft 
aerodynamic control hinge moment per unit deflection) 
ft - lb/radians 
control hinge - moment coeffiCient) Control hinge moment 
2M '~ 
control- surface deflection) positive trailing edge down) 
radians except as noted 
time derivative of control- surface deflection) radians /sec 
, 
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C ho (1) , 
C ~ ,(1) 
(1) 
k 
M' 
L 
control restoring moment coefficient, Real part of ~ 
2M'q 
per radian 
control damping moment coefficient, Imaginary part of Me 
2M'qk 
per radian 
control damped natural frequency, radians/sec 
control damped natural frequency in still air, radians/sec 
control reduced frequency, we 
2V 
moment of control area rearward of and about hinge line, cu ft 
control span, ft 
flutter derivati ve, (see ref. 2) 
flutter derivative, (see ref. 2) 
model longitudinal acceleration, ft / sec2 
In· stability notation, the symbols C and %,m C are defined ~,m 
as follows: 
C %,m 
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MODELS AND TESTS 
Models 
The models used in this investigation consisted of a pointed cylin-
drical fuselage equipped with 600 sweptback clipped delta wings. Verti-
cal tail fins provided yaw stability . The models were identical except 
for the control plucking system and control-surface section. The fuse-
lage consisted of a fabricated aluminum-alloy core wrapped with mahogany. 
The nose cone was plastic and the tail section was a magnesium tube. A 
sketch of the models showing dimensions is presented in figure 1 and 
photographs of the models are shown in figure 2 . 
The w~ngs were of solid magnesium alloy and had an NACA 65A005 air-
fo i l section . The right wing panel embodied a constant- chord (13 percent 
exposed wing root chord), full-span, trailing- edge control. The control 
was hinged at its leadi ng edge through a cantilever- type flexure hinge. 
The spanwise distribution of flexure hinge and, hence, extent of sealed 
gap can be seen for model A in figure 2(c). The region of sealed gap 
for model B extended over the entire control span except for the out-
board 10 percent . An auxiliary pin- type hinge was located inboard the 
fuselage to restrict translation of the flexure hinge at the inboard 
end . (See fig. 3 . ) 
The controls were made of steel and had a modified wedge section. 
The control of model A had a sharp trailing edge, and the control 
trailing- edge thickness of model B was one-half that of the hinge line 
thickness. See figure 1 for control section. 
Experimentally determined dynamical constants of both models are 
presented in table I. 
Flight Tests 
The flight tests were conducted at the Langley Pilotless Aircraft 
Research Station at Wallops Island, Va . Both models were boosted to a 
Mach number of about 1.9 and coasted back down the Mach number range. 
The control plucking systems were started just before launching and 
most of the usable data were obtained during the boosted portion of the 
flights when the models were being accelerated longitudinally from 24 to 
30 times the acceleration of gravity. 
Existing flight conditions resul ted in the values of Reynolds num-
ber and dynamic pressure presented in figures 4 and 5 as a function of 
Mach number . 
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INSTRUMENTATION 
Inductance - type instr uments measured time histories of control 
deflection, total pressure , and normal acceleration of both wing panels. 
The se data were telemetered to a ground receiving station and recorded. 
Response of the measuring and recording instrumentation was such as to 
re~uire no correction to the recorded data at the fre~uencies encountered 
in the tests. 
A radiosonde was used to obt a in atmospheric data at all flight alti -
tudes. Flight-path dat a were obtained from SCR- 584 tracking radar, and 
CW Doppler radar was used to determine initial flight velocity and longi -
tudinal acceleration . 
TECHNIQUE 
The free oscillation techni~ue was used in this investigation. 
The controls were plucked periodi cally by means of a motor driven cam 
(see figure 3 for sketch of control plucking system) and the resultant 
f ree oscillations of the control were recorded as shown in figure 6. 
With the assumptions that the control motion was effectively restricted 
to one degree of freedom and that the aerodynamic damping forces on the 
control could be represented ade~uately by viscous forces, the in-phase 
or restoring component of the control hinge moments was obtained from 
the fre~uency of the control oscillation and t he control out-of-phase 
or damping component was determined from the rate of logarithmic growth 
or decay of the oscillation . The procedure used in reducing the data to 
obtain the aerodynamic h inge -moment coefficients is presented in the 
appendix. 
The fre~uency of the plucki ng action for models A and B was 3 cps 
and 5 cps, respectively. The amplitude at which the controls of models A 
and B were released at the end of their respective plucking actions was 
3 .00 and 3.50 . 
CORRECTIONS 
Wing Effects 
Evidence that the wings were oscillating in flight was obtained 
through the use of wing vibrometers located as shown in figure 1. Fig-
ure 6 shows a portion of the time history of the wing vibrometer traces 
for both models. These oscillations can be seen to consist of a funda -
mental fre~uency e~ual to the control fre~uency and one or more 
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harmonics. Thus, it is concluded that the control was exciting the 
wing by means of inertial and aerodynamic loads. It should be mentioned 
that the amplitude of these wing oscillations was small (not more than 
to.03 inch at the vibrometers) throughout the flights. 
Concerning the inertial effects of the wing motion on control 
restoring moments, an expression relating the coupled freQuency of an 
undamped two-degree-of- freedom system (wing first bending and control 
rotation modes) with the control natural freQuency was obtained as a 
function of two ratios: the ratio of wing first bending frequency to 
control natural frequency and the ratio of control inertia about the 
hinge line to the wing first bending inertia. Using this expression 
with a calculated inertia ratio of 0.066 and a freQuency ratio of 2 
resulted in a change in control freQuency of 1 percent. This change 
in frequency is about a maximum for the investigation and indicates the 
inertial effect of wing motion on the control restoring moment to be 
about 2 percent or less . 
The author was unable to justify the damping-moment data in the 
aforementioned manner . However, some indication that the control motion 
was effectively single degree of freedom at low frequencies can be 
obtained from the clean- looking still-air response of model A control 
to a step input as presented in figure 6(c). Also, at flight frequencies 
(see figs . 6(a) and 6(b)), there are no apparent effects of the wing 
motion on the control trace although it would be expected that the higher 
frequency components of the wing motions would appear on the control 
trace if strong coupling of the motions were present. 
In view of the preceding remarks, it is believed that the effect 
of the wing motion on the test results probably is small. 
Acceleration Effects 
Most of the data obtained in this investigation were measured during 
a condition of high longitudinal acceleration (24 to 30 times the accel-
eration of gravity) . Appropriate corrections for the inertial effects 
of these accelerations were applied to the data as shown in the appendix. 
No corrections were applied to the data for any aerodynamic effects of 
this acceleration . 
It should be mentioned that the effect of rocket motor vibrations 
on the test results was investigated and found to be negligible both 
for the restoring- moment data and the damping-moment data. 
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ACCURACY 
The following probable errors have been estimated for the results 
of the investigation . In the present usage, probable errror i s the 
value that any given error will as likely fall under as exceed. 
Error in Ch Error in 5 
Mach number Che a I (+) a I (-) 
0·5 ill iO.ll -----2 
,74 it i.07 -----
.96 tl i.05 -----2 
1.02 ±2 
4 
.±.10 t o .17 
1.85 --- t. o4 ± .o6 
RESULTS AND DISCUSS I ON 
Control Pulsing Systems 
The control plucking system, designed originally as shown in fig-
ure 3(b), was intended to pluck the control surface periodi cally and 
7 
to avoid the possibility of jamming. Since certain of the assumptions 
used i n calculating the motions and loads of the cam and control surface 
during the plucking action were questionable, an attempt was made to 
simulate flight loads on the plucking system of the completed model . 
This was accomplished by mounting the model on an electrodynamic shaker 
and resonantly vibrating the control to an amplitude of about i7°, at 
which time the plucking system was turned on. (The control amplitude 
of i7° represented the maxi mum that could be obtained with the equipment 
and type of mounting used.) This test was repeated several times with-
out damaging the plucking mechanism, so the system was considered ready 
for flight t esting . 
During the flight tes t (model B), the system worked as planned until 
control buzz was encountered. The control oscillation quickly built up 
to an amplitude of .about t14°, shortly after which the impact of the 
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control surface on the cam caused shear failure of the pin connecting 
the worm gear and cam shaft. Although data were obtained before and, 
to a limited extent, even after this failure (the latter due to a slight 
catching action of the broken pin as it rotated by its broken ends), the 
plucking system was useless during buzz. As a result of this test the 
system was redesigned for use with model A as shown in figure 3(a). 
The second design incorporated two important features lacking in 
the previous design: the contact between the cam and control was made 
gradual instead of abrupt and a means of absorbing vibrational energy 
was provided by a rubber coupling between the cam drum and worm gear 
(see fig. 3(a)). This system was flight tested in model A and performed 
satisfactorily throughout the entire flight which included regions of 
control buz~. However, during the initial occurrence of buzz, the con-
trol position instrument failed and subsequent control data had to be 
obtained from the wing vibrometers as explained in the appendix. 
Control Damping 
The aerodymanic control damping coefficient Ch~ is presented 
-0, (1) 
in figure 7 as a function of Mach number for both models. Negative 
values indicate a stable damping influence of the airstream on the con-
trol . The relationship of Ch~ with a similar parameter in flutter 
."0,(1) 
notation, M4' is given in the section entitled "Symbols." 
Shown for comparison in figure 7 are tunnel - test results for a con-
trol similar to that of model A and theoretical values extracted from 
references 1 and 6 for a ratio of flap chord to wing chord of 0.195. 
Since the theory of reference 6 was not computed for Mach numbers greater 
than 0 . 8, the curve was interpolated between M = 0.8 and the sonic 
value from reference 1 . All theoretical values were determined for the 
same values of reduced-frequency parameter as existed in the present 
investigation and which are presented in figure 8 as a function of Mach 
number . 
The curves of figure 7 show stable values of aerodynamic damping 
up to about M = 0.75 for the sharp- trailing-edge control with a region 
of mild instability extending to about M = 0.9. A more severe loss of 
stability started at M = 0.99 where the damping abruptly became unstable 
with a slight increase in Mach number and the control oscillation quickly 
increased in amplitude to about ±llo, the aerodynamic control damping 
becoming less unstable as control amplitude increased . At the amplitude 
of about lllo, the unstable damping of the airstream was balanced by the 
structural dampillg of the control system to produce a limited amplitude 
oscillation . It was during the next plucking action (M = 1.12) that 
c 
NACA RM L56G20 9 
failure of the control position instrument occurred. This failure pre -
vented further control damping measurements . 
The damping curve for the blunt-trailing-edge control is seen to 
be similar to that of the sharp- trailing-edge control. Although it 
might be stated that the blunted control exhibits more aerodynamic 
stability over most of the Mach number range presented, the difference 
is small and deserves no emphasis . As before, aerodynamic control 
damping abruptly became unstable at near sonic speeds and it~ nonlinear 
variation with oscillation amplitude resulted in a limited amplitude 
oscillation of about ±14°. It was shortly after this time in the flight 
that the plucking system became damaged. The control continued to oscil-
late at nearly constant amplitude until a Mach number of 1.3 was obtained 
at which time the amplitude of the control oscillation started to decrease . 
Because of the nature of the plucking system failure, no quantitative 
damping data were obtained beyond M = 1.04 although it is known that 
the aerodynamic damping was unstable up to M = 1.3. 
Comparison of the sharp- trailing- edge data with the experimental 
values of reference 8 is poor, and consideration of the effects of 
reduced frequency does not improve the comparison. Although the theory 
does not predict the shape of the experimental curves at high subsonic 
speeds and differs widely with some of the measured values, it does pre-
dict the most i mportant feature of the curves, the severe loss of stable 
damping at near sonic speeds . 
It has been pointed out to the author that possibly the poor com-
parison of the damping values with theory in the Mach number range up 
to 0.90 could be the result of flow disturbances at the inboard ends 
of the controls caused by a part of the plucking mechanisms extending 
beyond the fuselage . (See figs. 2(b) and 2(c).) Also a possibility is 
the fact that these data were obtained under a condition of high longi -
tudinal acceleration (24 to 30 times the acceleration of gravity), the 
aerodynamic effects of which are unknown. 
Control Restoring Moments 
The aerodynamic in-phase or restoring moment coefficient Cha ill , 
is presented in figure 9 as a function of Mach number for both controls 
investigated . Since the variation of restoring-moment coefficient with 
deflection may be nonlinear, these values should be considered as aver -
age or effective values for the deflection ranges tested. Shown for 
comparison are the tunnel data of reference 8 for a control similar to 
that of model A and potential flow theory from references 1, 2, and 6 
which was computed for the reduced frequencies obtained in the present 
test . The relationship of Ch5 ill with a similar parameter in flutter , 
terminology M3 is given in the section entitled "Symbols . " 
~_I 
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Aerodynamic control restoring moments were stable throughout the 
Mach number range for both models . 
The flagged data of mode l B were obtained at small amplitudes of 
control oscillation ~bout ±~O) during decelerated flight and were not 
faired with the accelerated flight data which were obtained at control 
oscillation amplitudes up to ±14° at supersonic speeds and from ±lo to 
±3° at subsonic speeds . Although the small deflection data contain 
s izeable errors because of the limited number of cycles that were avail-
able for determining control fre~uency, one effect of the small ampli -
tudes clearly appears to be a substantial increase in control restoring-
moment coefficient at transonic speeds. 
Increasing the ratio of control trailing-edge thickness to thick-
ness at the hinge line from 0 .1 (model A) to 0 .5 (model B) is seen to 
increase the magnitude of the control restoring moments an average of 
about 35 percent at subsonic speeds and 12 percent at supersonic speeds. 
This result i s in ~ualitative agreement with other test results (see 
refs . 9 and 10) . 
The experimental data of reference 8 are seen to be in fair agree-
ment with model A values at supersonic speeds . However, this comparison 
is poor at subsonic speeds and no explanations are apparent to the 
author. It might be mentioned that, according to the theory of ref-
erence 6 , the effect of any reasonable difference in reduced-fre~uency 
parameter would account for only about 10 to 15 percent of this disagree-
ment . SimilarlYj t he supersonic potential flow theory, which includes 
effects of control aspect ratio, is in good agreement with measured 
results, whereas the subsonic theory of reference 6 predicts a much more 
negative result than was obtained in the present tests. 
CONCLUSIONS 
The results of a rocket-powered model investigation between the 
Mach numbers of 0 .4 and 1 . 9 of the hinge moments on freely oscillating 
flap-type control surfaces installed at the trailing edge of a 600 delta 
wing led to the following conclusions: 
1 . Except for a region of mild instability between the Mach numbers 
of about 0 .75 to 0.9, aerodynamic control damping was ·stable up to near 
sonic velocities. 
2 . At near sonic velocities, control-surface flutter developed for 
both models and continued, in the case of the half-blunt trailing-edge 
control, to a Mach number of at least 1.3. 
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3. Changing the control trailing-edge thickness from sharp to half 
blunt had little apparent effect on aerodynamic control damping. 
4. Aerodynamic control damping was very sensitive to amplitude of 
oscillation at transonic speeds. The relationship was such as to tend 
to produce a constant amplitude oscillation. 
5. The aerodynamic control restoring moments were stable for both 
controls throughout the Mach number range. Changing the control trailing-
edge thickness from sharp to half blunt increased the magnitude of the 
control restoring moments about 35 percent at subsonic speeds and 12 per-
cent at supersonic speeds. 
Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va., June 28, 1956. 
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APPENDIX 
METHOD OF DATA REDUCTION 
The general solution to the single-degree-of- freedom moment e~ua­
tion (15 + DB + K5 = 0) governi ng the free motion of the control about 
its hinge axis is the damped s i nusoid 
where 
I 
D 
K 
t 
m 
D 
21 
A 
-Dt 
o = Al e
2I sin (mt + ¢) 
control mass inertia about the hinge line, 
torsional damping "Constant of the system, 
slug- ft2 
m02 ' 
ft - lb 
radians/sec 
torsional spring constant of the system, ft-lb/radian 
constants dependent upon ini tial conditions and unimportant 
to this investi gation 
time, sec 
the control oscillation fre~uency, JK
I 
( D)2 radians/sec 
- 21 ' 
the logarithmic damping factor, ( loge A), per sec 
amplitude of control oscillation envelope 
indicate first and second order time derivatives, 
respectively 
Subscripts 0 refer to preflight values measured in still air 
Thus, by measuring the fre~uency and logarithmic damping factor 
of the control oscillation, values of D and K can be calculated 
knowing the control inertia . These values include both structural and 
aerodynamic terms . The following relationships were used to extract 
the aerodynamic coefficients : 
J 
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For the in-phase or restoring-moment coefficient, 
(
AerOdynamiC) (Total ~ (structural ~ 
restoring = restoring - restoring 
moment moment moment (Accelera~ion) - restorlng moment 
or 
where U is the control mass unbalance about the hinge line, a 2 is 
the model longitudinal acceleration, and (sin 0) is assumed equal to 
13 
5 for the Bmall angles encountered in the investigation. It was found 
from experience that the effect of damping on the total restoring moment 
was negligible for the small values of damping obtained in this investi-
gation. Therefore, the final form became: 
1m2 - Ka - a2U 
2M'q 
per radian 
These values of Ch are considered average or effective values o ,m 
because of possible aerodynamic nonlinearities. 
An extension to the above relation occurred in the reduction of the 
supersonic data of model A where the instrument measuring control posi-
tion failed. It was noticed that previous to the failure, the wing 
vibrometer records had a fundamental frequency equal to the control fre -
quency. By assuming this relationship continued after the failure, it 
was possible to obtain supersonic Ch _ values via the fundamental 
'\), m 
vibrometer frequency. It is believed that these results would be identi-
cal to those obtained from the control oscillation if available. 
For damping-moment coefficient, 
(
AerOdynamiC) (Total ) 
damping = damping 
moment moment (
struct:rral) 
- damplng 
moment 
or 
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The modifying factor (J)o is used in the last term of the previous (J) 
e<luation to account for the change in fre<luency between the preflight 
still-air measurements of structural damping and the flight measurements 
of total damping. Its use assumes that structural damping is hysteretic 
and, unlike viscous damping, is independent of fre<luency. In final form, 
(J) 
D - Do 1ff 
-..£... 2M' <l 
2V 
, per radian 
where subscripts 0 again refer to preflight still-air values . 
The interested reader can find a comprehensive and detailed dis-
cussion of the "free" oscillation techni<lue in reference 11. 
-_ . -- --
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TABLE I 
DYNAMICAL CONSTANTS OF MODELS 
Wing first bending (control wing), cps 
Aileron-wing mode (control wing), cps 
(See sketch below) 
Aileron-wing mode 
1.9 
Wing first bending (no control wing), cps 
Control still-air fre~uency, cps . . . . . . 
No other wing or control modes were apparent from 
t he shake tests up to a f requency of 400 cps . 
Control inertia about hinge line , slug- ft2 
Control mass unbalance, slug- ft . . . . . 
Model A 
188 
node line 
255 
44 .4 
0 .000468 
0.00307 
17 
Model B 
202 
180 
41.1 
0 .000756 
0.00474 
--
Sta . 61.1 
Sta. 0 Sta. 21.0 Sta. 40. 3 Sta. 75.0 
i;; 5001 1 !~ 
Total pressure 
probe (rotated) 
Wing vibrometers 
at sta. 54.98 
x ~ 450 11 .19 ---j 
.015 rad. 
Steel flexure plate 
.025 thick 
2.70 . / 
Control section - model A 
--'''+L;-=:~ .300 I ~ 
; 
.150 
----- - T 
Control section - model B 
6.50 
T 
1---- 23.00 ---i 
C:====tJ 27. , 
Vertical tai l shown 
rotated 900 
Fuselage Nose Or dinates 
Station 
o 
1 
2 
4 
6 
8 
10 
12 
14 
16 
18 
20 
22 
24 
25 
Radius 
o 
.245 
.481 
.923 
1.32'7 
1.692 
2.019 
2. 308 
2. 558 
2.769 
2.942 
3.077 
3.173 
3.231 
3.25 
Figure 1.- Details of control damping model. All dimens ions are in 
inches. 
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(a) Model plan view. 
L-87756 
(b) Wing-control close-up; model B. 
Figure 2.- Model photographs . 
L-91905.1 
(c) Wing-control close-up; model A. 
L-9190 3.1 
(d) Model and booster on l aunching rig. 
Figure 2.- Concluded. 
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(b) Model A. Fi~e 3.- Sketch of model plucking systems (not to scale). 
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Figure 6.- Concluded. 
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Figure 8 .- Variation of reduced frequency with Mach number. 
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